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SUMMARY 

Pressure measurements have been made on a triangular wing 
having an aspect ratio of two and an IXACA 0012 airfoil section 
parallel to the center 1Fne. The wing angle of attack was varied 
from 4.30 to 48.10 with the airspeed held constant at approxi- 
lnately lO0 miles per hour (Mach number of 0.13 and a Reynolds 
number of 2.4 million based on the mean aerodynamic chord). 

Presented in the report are the chordwise pressure distri- 
butions for the wrzlg sections at C-, lb.&, 39.6-, 6O.b, and 
79.7-percent semispan. Also given are the span load distribution, 
the values of normal4orce coefficient, lift coefficient, and 
center of pressure obtained by mechanical integration of the 
chordwise pressure distributions. 

These data show that, as in the case of highly tapered w&g 
of conventional plan form, the section nearest the tip was more 
highly loaded than the other sections, and was the first to stall. 
The chordwise pressure distributions showed no correspondence to 
the two4imsnsional pressure distribution. Only at the center 
section was the stagnation pressure approximately equal to free- 
stream total pressure. The other sections showed greatly reduced 
values, which were found to be explainable by the simplified 
theory for swept wings. 

The threeitimmsional flow had a favorable effect on the 
maximum loading of the wing sections. Maximum section loadings 
were all higher than the tw&imtmsional m&-mm loadings for the 
same section Reynolds mmibers. 

Before tip stall occurred (at wing lift coefficient of 0.6, 
approxtitely), the span load distribution was nearly elliptical, 
as predicted in NACA TN No. 1491, 1947 by use of Weissinger's 
method of calculating span load-s. Just after tip stall, the 

. 



2 NACA TN No. 1650 

distribution was approximately rectangular, excluding the stalled 
por,tion. Aa a result of the stall progressing inboard, the distri- 
bution approached a parabolic shape at -imum lift. 

INTHODUCTION 

There is considerable interest at present in wings of triangular 
plan form. Coupled with this interest is a need fcr info:rmation 
concerning the low-speed characteristics of these wings. Soma experi- 
mental information is already available on the force and moment charac- 
teristics (e.g., the data of reference l), but information concerning 
the distribution oFthe loads is lacking. 

In order to provide some of this needed load-distribution data, 
pressure measurements have been made on a triangular wing having en 
aspect ratio of two and INCA 0012 airfoil sections parallel to the 
wing center line. With this combination of aspectratio and airfoil 
section, reference 1 can be used as the source of the force-test data. 

SYMBOLS AND COEFEICE3NE 

The syxribols and coefficients used in the report are defined as 
follows: 

A 

b 

C 

Cav 

c 

2 

n 

L 

M 

aspect ratio $- 
0 

c 

- 

- 

wing spsn, feet 

local wing chord, feet 

average wing chord (S/b), feet 

$ 

b/2 

( 

csdb 
mean aerodynamic chord 

s/2 > 

section lift (lift per unit span), pounds per foot 

section normal force (normal force per unit span), pounds 
per foot 

wing lift, pounds 
L 

pitching moment of wing about-quarter-chord of mean aero- 
dynamic chord (positive when nose up moment), foot-pounds 
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pz 

P 

q 

S 

v 

X 

a 

P 

0-l 

'n 

CL 

c, 

Cl" 
cLcav 

P 

local. static pressure, pounds per square foot 

free-stream static pressure, pounds per square foot 

free-streamdynamlc pressure 
foot 

$P?), pounds per square 

wing area, square feet 

free-stream velocity, feet per second 

distance along chord from leading edge, feet 

wing angle of attack, degrees 

1~8s density of air, slugs per cubic foot 
2 

section lift ooefficient (z) 

section normal-force coefficient ($) 

wing lift coefficient (-&) 

wingpitching~nrrme nt coefficient (M) 
qsc 

span loading coeffioient 

Pz-P pressure coefficient (,) 

JIEE%RATUSAND MEXEOD 

Figure 1 is a diagram of the wing used. Pertinent information 
concerning the wing is listed below: 

Span,ft ........................... 4 

Area.sqft .......................... 8 

Aspectratio . . . . . . . . . . . . . . . . . . . . . . . . . 2 

Airfoil section (parallel to free-stream velocity) . . . XACA 0012 

Dihedral,deg........... . . . . . . . . . . . . . . 0 

i 



4 NACA TN No. 16% 

Sweepback of leading edge, deg . . . . . . . . . . . . . . . . . 63.4 

Mean aerodynamic chord, ft . . . . . . . . . . . . . . . . . . 2.67 
Ths model was tested in the Ames 40-by 80-foot wind tunnel, 

and was sting supported as shown in figure 2. The dynamic pressure 
for the tests was approximately 25 pounds per square foot, resulting 
in a Reynolds number of 2.4 million based on the me&n aerodynamic 
chord. 

Seventy-five pressure orifices were installed at five spanwise 
stations on the right half of the wing. (See fig. 3.) The orifices 
were distributed from the leading edge togO-percent chord except 
at the center section where the sting interfered with the installa- 
tion of some of the orifices. (See table I.) 

RFDCCTIONOFRATA 

The measured static pressties were reduced to coefficient form- 
and then plotted along their respective chords. From these chord- 
wise pressure distributions, by means of mechanical integration and 
calculation, values of section normal-force coefficient, section 
and wing lift coefficients, section and wing centers of pressure, ' 
snd wing pitching+noment coefficient were derived. 

In making the calculations, it was necessary to extrapolate 
the pressure-distribution curves for the center section which had 
no pressure orifices over the last half of the chord. Errors 
introduced by this extrapolation are believed to be insignificant, 
particularly in Hew of the fact that it was possible to check this 
chordwise extrapolation by means of an extrapolation of the span- 
wiee variation of pressure along each constant percent chord line. 
It should also be noted that the values of section and wing lift 
coefficients, and wing pitching-moment coefficient do not include 
the effeots of the forces parallel to the chord. Their contri- 
bution to final results was not considered to be great-enough to 
warrant the large smount of additional work involved, since a few 
representative calculations indicated a maximum increase of 10 percent 
for section lift coefficient, 2 percent for wing lift coefficient, 
and a maximum pitching+uoment increment of -0.001. The percentage 
increase for the wing lift coefficient is .less. than that for section 
lift coefficient because of the factthat all sections did not sitnul- 
taneously show a maximum effect of the chord force. 

No correcticms were applied for wind-tunnel-wall effects or 
support+trut interference since they were negligible for the 
condition of the tests. -. 

. 
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FCESULTS AND DISCUSSION 

Chordwise Pressure Distribution 

The chordwise pressure distributions for the five spanwise 
skations (fig. 4) show that at the lower angles of attack, 4.3O to 
16.5O, the highest section loading occurred at the section nearest 
the tip, as in the case of highly tapered wings of conventional plan 
form. Since the wing had no twist, this implies a greater rate of 
loading at the tip sectione, which, when cmined with the outward 
flow of boundary-layer air resulting from a negative pressure 
gradient from root to tip, caused the tip sections to be the first 
to stall. The pressure distributMns for the section at 79.7-percent 
semispan show that stall was occurring there shortly after 16.50 

,angle of attack, as indicated by the loss of the negative- pressure 
p8ak and the leveling Off Of th8 upper SLEfaC8 pressures when the 
angle of attack was increased from 16.50 to 22.p’“. Stall then KmV8d 
progressively inboa& until at 48.1' (the highest angle of attack 
reached during the tests) all but the center section were stalled. 
The center section may have just started to stall at this angle of 
attack, but it is difficult to relate stall to the ~essure 
distribution for this section because of the peculiez flatness of 
the distribution throughout the angl84f-attack range. 

Another point of interest about these chordwise pressure 
distributions is that only at the center section was the stagnation 
pressure approximately equal to l.Oq which would be obtained two- 
dimensionally. The other stations showed greatly reduced values 
of the order of 0.2q. These reduced values cm apparently be 
explained by the simplified theory for swept wings. According to 
this theory the stagnation pressure Is based on ti? velmlty 
no-1 to the leading edge. This velocity for the subject wing . 
Would b8 equal to O.b@'V, resulting in a Stagnation pressure of 
(0.&8)2q or 0.2q, which is approxQmtely the value measured at 
the low angles of attack. 

ti considering the general shape of i&e chordwise pressure 
distributions the question ariees as to their comparison with the 
twc+dimensimal pressure distributions. From the preceding 
discussion of the stagnation pressures it is apparent that they 
will not agree around the stagnation point at the nose- A 
comparison at the same value of section lift coefficient showed 
that they disagreed elsewhere, and that the measured Section 
pressures were more positive than the corresponding two4limensional 
pressures (calculated by use of reference 2), exoept close to and 
at the stagnation point. For example, see figure 4 Where the twc+ 
dimsnsional preswre distributions have been presented for 
comparisons with the section pressure8 measured at 10.&O angle of 
attack, 
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. 
This lack of agreement between the twc4M.mensional and the 

measured section pressures points to the predominance of the effects 
of the thr8ansional flow over the effects of the two- 
dimensional charac~ristics of th8 airfoil Section. ThUS it 
follows that, for the prediction of the pressures acting cm the 
wing, a lifting--surface theory mu'st be developed. One approach for 
d8veloping such a theory would be to modify existing lifting- 
surface theory to take into account both the angle of attack of the 
lifting surface and the angle between the lifting surface and the 
vortex trails. Bollay found it necessary to consider these two angles 
in the development of his theory for rectangular wlngs of small 
aspect ratio (reference 3). That consideration should be given to 
them in the present case is indicated by the section lift character- 
istics which follow. 

g8CtioIl Lift Charact8ristics 

The spsnwise distributions of lift coefficient (fig. 5) show 
more &8arly than the chordwise pressu$e distributions the higher 
section loading at the tip sections which caused stalling to occur 
there first. When tip stall occurred, the peak value of section 
lift coefficient moved from about 87 percent to 57 percent of the 
semispsn. It stayed at this point almost to the sngle of attack 
for maxQmam wing lift (a = 35.3’) where it shifted Inboard to about 
37 percent of the semispan. 

The variation of section lift coefficient-with wing angle of 
attack for each of the five spanwise stations Is shown by figure 6. 
In contrast to the linearity of the tw~imensional curve for the 
NACA 0012 section, the lneasured section ourves are nonlinear even 
at low angles of attack. The nonlinearity is greatest at-the 
outboard section where the rate of increase of Uf't coefficient with 
angle of attack is also greatest. The lift-curv8 slope at zero lift 
varied from 0.051 at this outboard section to 0.022 at the center. 
(See table II.) As previously lnentioned in the discussion of the 
chordwise pressure distributions, this higher lift-curve slope for 
the outboard section Is as expected on the basis of the charact&+ 
istics of highly tapered wings of conventional plan form. The 
nonlinearity of the section lift curves is believed to be due to 
two factors: (1) the vertical displacement of the bound vortices 
(resulting from th8 angle ofattack of the chord plane) and 
(2) the angularity of the vortex trails with r8sp8ctto the Wing 
chord plane. This belief results from the fact that Bollay was 
able to account for the nonlinearity of the lift curves of rectangular 
wings of small aspect ratio by considering th8 effects of these two 
factors. 
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In judging the stallfng characteristics of an airfoil section, 
th8 Value Of 02~ is normally considered as on8 of the more 
important factors. For the s8ctions of the present wing, though, 

%ax should be used instead of c 
hax' since with the h3gh 

angles of attack inVOlV8d czmax was significantly dependent on 
the Value of COB a as well as section stalling characteristics. 
In the tw+di?mnsional case, cl- and c- are practically 
8qti Since they occur at an Sng18 Of attack that iS low 8nOUgh 
for the effect of 00s a to be negligible. Therefore the Va1UeS of 
onmax for the wing sections can be compared with the twc+dImensianal 
values of 02 (frcxn reference 4) to provide an dndlcation of 
the effects O%he three-dIm8nSiOnal flow on the section stalling 
charact8ristics. Such a C~iSOn, D.L&.e at 8qti vS1U8S Of 
Reynolds numbers, is pr868nted in tab18 II, from which it can be 
seen that the three-d3mensional-flow effects ere favorable. It 
can a160 be noted that the effects are greater for the Anboard 
sections than for the sections nearer the tip. 

The previously mentioned spanwise boundary-layer flow is 
apparently r8sponsib18 for the favorable effect In the case of 
the inboard sectIons. The boundary layer air presumably was 
drained off these sections, thus allowing them to Support a higher 
load than they would be able to two4dm8nsion.ally. In view of the 
COIT8SpOndiQ3 thickening of the boundary layer at th8 tip 68CtioIl6, 
It is rather surprising that the section at 79.7-percent semispsn 
hada slax that was higher than the tW~nSiOI%l czar. The 
effect of this thicker boundary layer apparently does show up when 
cosxparing this section with those ferther inboard, for c- was 
kW86t at this outboard 68CtiOII. This, h.ow8V8r, 56 the &yx8Xt8nt 
to which the consideration of the effects of the spanwis8 boundsry- 
hy8r flow explain the Wing stalling Charax3~riStiCS. Th8 Spa1IWi68 
variation of c - is not 8Xplainabl8 on this basis, Sdx~C8 k 
reached a maxImum at 39.6-percent s8mis3an rather than at the center 
Of the Wing. The variation of & dOng th8 SpB.Il iS a160 
Contrary t0 anticipated 8ff8Ct of the SpL3ZlWiSe Variation Of 68CtiOIl 
Reynolds nusiber. It can be concluded that there exists other as 
yet undefined effects of the boundarplayer flow on the wing 
stalling chsracteristics. 

Span Load Distzibution 

The span 1-d distributions (fig. 7) for the lower angles of 
attack (4.3O, 10.4' and 16.5’) were found to be approximately 
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elliptical. The slight difference in shape fromone angle of attack 
to the next is the result of the nonlinear section lift uurves. As 
a result of th8 tip stall that occurred between 16.50 and 22.7’ 
angles of attack the span 1-d distribution departed greatly from 
the 8lliptiC. In fact, the d.Istributlon for 22.7O might be called 
rectangular if the stalled portion were neglected. The spanload 
distributions for the algher angles of attack show the effect of 
the inward progression of the stall. Th8 span loading always reached 
a peak just inboard of the stalled region, so that with this Inward 
movement of the stall the span load distribution apprCaCh8d a 
parabolic Shape at th8 higheet aI@8 of attack. 

With regard to the prediction of the68 measured span loadings 
it is apparent that a theory which would account for the chordwise 
loadings would also b8 eat&factory for CalcuLELting span load 
distribution. The reverse is not necessarily true, however. 
Reference 5, for eXEUQl8, shows that the approximately elliptical 
span loading measured at the low angles of attack can be predicted 
by the us8 of W8if3sing8rfs lifting-line method, although the 
limitations of liftin&Line theory prev8nt any prediction of the 
chordwise loadings.' Similarly, the theory of reference 6 for 
triangular wings of .very low aspect ratio gives a span loading in 
agreement with the lPeasured loading, but the theory gives a poor 
apprOxiIEatiOn of the chordwise loadings because of its aspect 
ratio limitations. 

'Centers of Pressure 

The spanwise variation of local center of pressure for various 
angles of attack is shown by figure 8. At the lowest angle of 
attack (4.3O), the center of pressure varied from appLL?OldIE3t!3ly 
the quarter chord over the outboard half of the wing to +percent 
chord at the center section. With increasing angle of attack Up 
to 16.50, there was a rearwar d mov8m8nt of the C8nt8rS of pr8ssUre 
for the outward half of the wing; WhereaS those for the inboard 
half moved forward, This movem8nt amoUntid to l2-p8rcent chord 
for the section at 79.7-percent semispan and 2.>percent chord 
for the center section. The other sections showed movements roughly 
proportional to their distance from the 5&percen%semispan Station, 
Above 16.5O angle of attack the centers of pressure of all the 
sections moved rearward with increasing a nQ le of attack. Over the 
entire angle-ofdttack range (4.30 to 48.1 ) the following IEI~IERULI 
shifts In center of pressure were noted: 

I 
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Section 
location 

1 Maximum shift T 

in center of 
(percent pressure, 
68IiliSp4 (percent chord) 

1E.6 
39.6 
60.4 
79.7 

13 
10 
18 
25 
26 

The variations with angle of attack of the longitudinal and 
spanwis8 locations of the wing center of pressure are given in 
figure 9. The lcngitudinal location of the wing center of 
pressure showed a rnich smaller shift with angle of attack than was 
shown by the center8 of pressure of the s8ctions. It would not 
necessarily show the ~89~9 variation, however, since it is a function 
of the section loading as well as the section center of pr8ssure. 
Reference 5 shows that, for angles of attack below tip stall, 
Weissinger's lifting-line lnethod gives the spanwise location of the 
wing center of pressure withln l--percent s81nispan Of the measured 
location. 'Ilhe agreement of the lcngitudinsl locatim is s-hat 
poorer, because of.the assUmption in W8issing8r's method of a 
quarter-chord location of section center of pressure; the calculated 
location was 36 percent M.A.C. compared to the measured 40 percent. 

Comparison of Pressure Data With Force-Test Data 

Th8 Val~8S Of Wing lift coefficient detemnined from the pressUr8- 
distribution measurements are commd in figure 10 with those 
obtained by force tests of a sin;ilar wing (reference 1). They are 
in relatively good agreement eXC8pt for the Slightly higher EBXiImD 
lift from the pressure-distribution measurelnents. This higher 
I2aXimUm lift cannot be explained but the slight diff8r8nCeS at the 
lower lift co8ffici8nts are about the same order of magnitude as the 
lift increment due tc the forces acting parallel to the chord. 

The pitching-mament coefficients are compared in figure 11. 
They are also in fairly close agreement. The differences that exist 
cannot be ex-plained by taking into consideration the chord forces, 
since, as previously noted, the maximum increment in pitching- 
moment coefficient due to these forces is of the order of -0.001. 

Frcm the reSulta Of the pressure IIBaSUreIoent6 C+ the triangular 
wing of aspect ratio two, the following cmclusions were reached: 
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1. The loading on the wing is similar to- that-of highly 
tapered wings of convqntioql p&n form in tha-ethesaction 
nearest the tip was more highly loaded than the other seqtions, 
and was the first to stall. 

2. The affects of the three-dimensional flow were 80 great 
that neither the chordwise pressure distributions nor the maximum 
loadings of the wing sections are predictable from two-dimensional 
data. 

3- The span load .distribution for the wing can be accurately 
calculated by Weissinger's lifting-line method for angles of attack 
below tip stall. 

Ames Aeronautical Laboratory 
National Advisory Colmnittee for Aeronautics 

Moffett-Field, Calif. 
. 

REFERENCES 

1. Lange and Wacke: PrQf'bericht fiber 3- und 6&omponentenmessungngen 
an der zuspitzungeseihe von Flugeln kleiner Strekung (Teilbericht: 
Dreieckflugel). 
Nov. 1943. 

Untersuchungen and Mitteilungen Nr. 1023/5, 

2. Abbott, Ira H., von Dcenhoff, Albert E., and Stivers, Louis S., 
Jr.: Summary of Airfoil Data. NACA ACR No. L5CO5, 1945. 

30 Bollay, William: A Non-Linear Wing Theory and its Application 
to Rectangular Wings of Small Aspect Ratio. Zeitschrift Fur 
Angewandte Mathematik und Mechanik, Feb. 1939; 

4. Jacobs, Eastman N., and Sherman, Albert: Airfoil Section 
Characteristics as Affected by Variations of the Reynolds 
Number. NACA Rep. No. 586, 1937. 

5. DeYoung, John: Theoretical Additional Span Loading Character-- 
istics of Wings with Arbitrarg Sweep Aspect Ratio, and 
Taper Ratio. N&CA TN No. 1491, 1947. 

6. Jones, Robert T.: Properties of Law-Aspect-Ratio Pointed Wings 
Above and Below the Speed of Sound. NACA TN No. 1032, 1946. 

I 



NACA TN No. 1650 11 

TAB= I.- LOCATION OF PRBSURE ORBICES 

Orifice Location, Percent Chord 

Station station, Station Station Station 
0.0 b/2 0.146 b/2 0.396 b/2 0.604 b/2 0.797 b/2 

Upper Surface 

0.00 
1.25 
2.50 
-- 

10.00 
-- 

15.00 
30.00 
50.00 
-- 
-- 

0.00 0.00 0.00 0.00 
1.25 1.25 1.25 1.25 
2.50 2.50 2.50 2.50 
-- 7.50 7.50 7.50 

10.00 a- -- -- 
a- -- E-50 -- 

15.00 15.00 -- 15.00 
30.00 30.00 30&o 30.00 
g:: 50.00 50.00 50.00 

70.00 70.00 70.00 
go.00 go .oo go.00 go .oo 

Lower Surface 

2.50 2.50 
-- -- ;:: 

2.50 2.50 
7.50 7.50 

10.00 10.00 -- -- -- 
-- . -- a- 12.50 -- 

15.00 15.00 15.00 -- 15.00 
30.00 30.00 30.00 30.00 
50.00 50.00 50.00 50.00 50.00 
-- 70.00 70.00 70.00 70.00 
-- go.00 go.00 go .oo go.00 

NATIONAL ADVISORY 
COMMITTEE FOR AERONAUTICS 

. 
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TABLIE: II.- WIESECTIOBCHARACTERISTICS 

Section Section Section TWO d3Tll8n- 
Location, Reynolds lift+XI'V8 Section Section sional 

percent number, slope at chIBX %rlax sax 
semispan millions zero lift 

0.0 3.7 0.022 1.05 1.57l o .g6 

l 14.6 3.1 ,024 1.27 1.71 .w 

39.6 2.2 ,031 1.71 2.10 -89 

60.4 1.4 ,036 1.44 1.65 -88 

79.7 0.7 ,051 1.14 1.18 .87 

‘Value at highest angle of attack (48.1'). Section lift reached 
maxFmum because of value of COB a. 

NATIONAL ADVISORY 
COMMITTEE FOR AERONAUTIOS 

. 
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FIGURE a,- BASIC W1N.G SHOWING SPANWISE 
LOCATION OF PRESSUWE ORIFICES 
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